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Abstract: The Attitude Control System (ACS) is important to maintain the satellite in to prescribed/determined orbit from
perturbed/disturbed orbit. The attitudes (Roll, Pitch, Yaw) of satellite changes due to orbital perturbation. The orbital perturbations
such as aerodynamic drag, solar drag, non-homogenous of earth surface, magnetic disturbances, moon/sun perturbation. At low
earth orbit (LEO) having enormous amounts of aerodynamic drag and gravitational attraction due to the surface of the earth. This
paper discussed the disturbances from aerodynamic drag, solar drag, and magnetic drag. It is mandatory to control & correct the
attitudes of satellite in to the same orbit. The point accuracy of satellite is important to collect the data from several on-board
sensors in the system. The solar panel must deflect towards SUN for receiving optimal power. The communication Antennas must
transmit/Receive signal line of sight (LOS) propagation from satellite to ground station. The ACS with introduced the proportional
— Derivative (PID) controller for various attitude corrections. This paper considered the following nanosatellite design the attitude
controller such as NPSAT-1, SRM Sat, Pratham IIT Bombay Sat. The various analysis of transient response implemented of the
nano satellite time domain specification are Rise time (t;) output of the satellite system between 10% range to 90% of steady state
output. The Peak time (t,) indicates the at particular time maximum magnitude of the signal. The maximum overshoot (%MP)
indicates the damping of actual to critical damping. Settling time (ts) indicates the final time reach at steady state value. The steady
state errors (ess) indicates the system have less errors without any oscillation is derived. The controllers use to reduce the oscillation
due to the perturbation forces affects the attitude of the satellite. The ACS systems developed with MATLAB/SIMULINK. Also it
is decrease the errors in the satellite system dynamics. The effects of satellite dynamics without controller and with controllers are
performed.

IndexTerms — Attitude control, PD controller, Time domain specifications, Root locus analysis.

. INTRODUCTION

The satellite attitude control system design either passive techniques or active techniques to calculate the disturbances in the
model. The passive method using gravity gradient boom introduced in the model without any power to control the satellite. But
Active techniques there is small motor attached with satellite body frame. This is called as momentum wheels or flies wheels to
control the model. This requires the signal from attitude sensor such as GYRO’s, INS, and IMU. These attitudes are comparing
with the pre-determined attitude of the satellite and generate the errors in the signal detector. In the model the comparator act as a
signal detector compare the feedback signal from attitude sensor and reference signal. [1] The main function of the controller to
make the control action to the satellite dynamics/models. The gain and damping ration of the controller affects the transient
response of the dynamics model. At Low earth orbiting satellite attitude controls mostly used to attitude sensors Rate Gyro. At
High earth orbits are using SUN SENSOR, EARTH SENSOR, HORIZON SENSOR, STAR SENSOR for attitude estimation
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Figure (1) Satellite attitude control with PID controllers

The proportional-Integral-Derivative (PID) controls widely used to control the attitude of plants/models. The plants are
referring as satellite dynamics. The both controller having some advantages. The PID controller Figure (1) indicates the transfer
function of PID controllers and Gain of each controller Ky, Ki & Kd Proportional Gain-proportional errors, Integral Gain-Integral
errors, Derivative Gain-Derivative errors in the model. The errors signal expressed in e(t), Satellite input/reference signal ( Pitch,
Yaw, Roll) and control signal expressed in u(t). The output of the process/dynamics is y(t) or rates of the satellite.

The spacecraft control systems consist of two parts 1) attitude determination 2) attitude control (ADCS). This subsystem
called as Attitude Determination and Control System can be divided in to following function such as to determine the attitude,
predict the future attitude, and control the attitude of satellite. This paper presents the control part of the nana spacecraft/satellite
attitude corrections. [2] The main parts of ADCS used to determine the attitude with the help of satellite attitude sensor. The
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satellite reference input signal compare with feedback signal from attitude sensor. If there is any variation in the feedback signal
with respect to reference/pre-determined attitude then ignites the actuator to generate the control torque/forces. This control
torques used to stabilize the orientation of satellite in to actual path in the orbit.
o  Satellite Attitude determination (SAD)
o Satellite Attitude Prediction (SAP)
o Satellite Attitude Control (SAC)
The SAD is the process of computing the orientation of satellite with pre-determined point accuracy from on board sensors. The
SAP is the process of estimating the future attitude of the satellite model. The SAC is the process of control the orientation of the
satellite.
Control System Design Specifications:
e  Settling time < 0.2 seconds
e Improve the Rise time
e Improve the peak time
¢ Reduces the overshoot (Damping)
1. Spacecraft Attitude Dynamics: Spacecraft considered- NPS Aurora Satellite (NPSAT-1)
Specifications of NPSAT-1:
550 km altitude, low earth circular orbit
The principal moments of inertia [3] of NPSAT-1

24.67 0 ]
= 0 22683 0

The satellite inertia is expressed in kg-m?

Orbital angular velocity, = 0.0011068 rad/s

Total disturbance torque = Magnetic Disturbance Torque + Aerodynamic Torque +Solar Torque
=1.04 x 10*N.m

Angular momentum generated by momentum wheel (actuator), h = 10 Nms

Three attitude axes (Roll, Pitch, and Yaw) are decoupled

I11. Vehicle Orientation In Low Earth Orbit (LEO)

The position and orientation of the vehicle/satellite represents with reference frame or coordinate frame. In figure 3
briefly discuss about the various reference frame. To calculate the vector from one frame to another frame (Example: Body to
orbit frame or orbit to Earth frame). We need to use Euler methods for coordinate transformation. [4] In order to obtain the
angular rate data from angular velocity in body fixed frames, the satellite attitude referenced to earth-fixed reference frame.

Representing the Attitude of satellite:

Euler angles are (Roll angle ¢, Pitch angle 0, Yaw angle y). Roll angles represent the satellite deflects about x-axis,
Pitch angles represent the satellite deflects about y-axis, Yaw angle represent the satellite deflects about z-axis. The
position/velocity of inertial coordinate frame measured from satellite body frame. Euler angles are shown in Figure (2)

L

[T =

Figure (2) Satellite attitude orientation from euler angles
The rotation in x-direction, y-direction, z direction, mentioned in the equation (3.2), (3.3), (3.4). To multiply this entire matrix we
will get the rotation matrix from body to orbit frame equation (3.5). The rotation in the frame considered as 313 rotations. The
satellite body frame represent (Sx, Sy, Sz). 1% rotation from body to S;axis, 2nd rotation from satellite body to Sx axis, 3rd rotation
from body to S;axis. [5] Euler angle measure the current coordinate transformation from satellite body to inertial frame (IF). The
earth is considered as an inertial frame of reference. The Euler angles (3.1) given below

@
@:(e) (3.0)
W

The rotation matrices (3.2), (3.3), (3.4) are given as follows:

Rys= ([I cosgp  —sing ) 3.2)
' 0 sing cosg
cosé 0 szing

Ryg =( 0 1 0 ) 3.3)
—szinf 0 cos@
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cosy —simp 0
Ry = ( simd  cosypr 0 ) (3.4)
0 0 1
As a result, the rotation matrix (3.5) B2 becomes, Body to orbit frame [6]
cipel  —sog + olsBseg sipsg + cfcghst
RE = R.(y)R,(6)R,(g) ( scll oo +sPsfsg —cof s + sipogsd )
—sf clsg clceh

(3.5)

1V. Orientation of the satellite

In this section discuss about the types of reference frames, Shown in figure (3). If we want the position of the satellite need to
converts the body to orbit, and orbit to earth frame to getting the angular rates of the body. [7] The body frame attached with
the center of the satellite body. The earth frame is orientated with center of the earth.

Sy

O
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—— Inertial frame

)
— ECEF frame > !
—— Control ref. frame Z
— Satellite body frame =
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Figure (3) Satellite frame of reference
Orbit Frame: The orbit frame the satellite mass is attached with it . The axis O; its represents Nadir pointing or focus of center of
the earth surface. The axis Ox its represents Satellite motion in the body. Also axis ox Loz The axis Oy represents the complete
right hand coordinates.
Earth-Centered Earth Fixed Frame (ECEF): The ECEF from located at center of earth. The axis X & Y rotates in the Earth
center inertial (ECI) frame or non-rotating frame. Usually we consider earth is an inertial reference frame. The axis Z located at
North Pole. The axis X crossing among the Greenwich meridian and the Equator. At this point both longitude and latitude
considered as 0°degree. The axis Y consider as right hand coordinate system.
Satellite Body Frame: The body frame fixed with satellite body. The body frame attached with satellite body. The axis Sz located
at Nadir direction of the satellite. The axis Sx and Sy crosses the orbit frame when attitude of satellite referred as 0° degree. At
this case all the attitude of satellite pitch, yaw, and roll angles becomes zero.
Earth center Inertial (ECI) Frame: ECI frame is fixed in space. The axis Ix located from vernal equinox at center of the earth.
The axis 1z it represents the direction of angular velocity of the orbit. The axis ly orthogonal to Ix and Iz.
V. Dynamics of the satellite
The angular momentum (5.1) equation angular velocity [8] is Inertial Reference Frame must be expressed in Body Frame.
] 0

I
H=| 0 Iyy 0| ous (5.1)
0 0 I= ~ ~
awe) = ( ‘FS'QD\V)IJL +( E}-QD),[;: +( ll-"ﬂnd))hs (5.2)

The angular momentum in the satellite having two components, One is angular momentum in the satellite body another
component is angular momentum in the thrust wheel or fly wheel. The satellite principle moment of inertia referred as Ixx, lyy,
1zz. Angular velocity, Q. The total angular momentum of the satellite as given below (5.3) equation [9]

H= Hscrgfﬁ'r? bod y + H.‘»!'Dﬂ'.?i’!l.‘u m Wheel (5-3)
It rotates Centre of mass of the satellite body.

The rate of change of angular momentum is called as external moments
dH

dE .

M= (E)mmm = (E) Bm}f sy H (5.4)
The external moments including the perturbation forces such as Aerodynamic force, solar force, Gravitational attraction of the
body and magnetic drag.
Euler angle and angular rates measured from the torque equation, the attitude dynamics of the satellite equation (5.5), (5.6),
(5.7) as given below (pitch rates, roll ra’&es, and yaw rates)

(s _ Iy

= ; 55
Ty go Rorg A2 iy ok (5.5)
Iy Iy
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The orbital angular velocity, Q is constant. The denominator equation of the second order transfer function is denoted as
charactertics equation (5.8) is given by [10]
5%+ 25wt (5.8)
Undamped natural frequency, e, and damping ratio, 8 decides the types of damping or oscillation in the system.

VI. Roll attitude control system of NPSAT-1

The Roll attitude dynamics of the satellite referred from equation (5.6). The principle moment of inertial of Nano satellite
NPSAT-1 named as [24.67 22.63 11] kg-m?. The angular velocity of the satellite 0.0011068 rad/s at 550km Altitude. The

closed loop response of roll attitude dynamics referred 219 The input of the model is control torque and output of the model

T () ’
is actual pitch. The gain of the gyro is assumed as 1. The Figure (4) Shown the comparison of reference pitch and feedback
signals measured from Rate Gyro’s (RG) produces the errors in the system. These errors are minimized from controllers and
generate the control torque to the satellite dynamics. [11], [12]

Reference control
Attitude torque 0.04
controller =] >
(Roll angle ; s +0.04s Actual
Input) Attitude Attitude
Error roll dynamics
gyro g
Measured .
roll angle Gain =1
Figure (4) Roll attitude control
The step response
- Step Response (shown in
o T ' ' Figure.5) of the
rol [ e s -+ roll attitude
| Attime (seconds): 15.7 transfer function

— without controller

System: closed

System: closed Final value: 1

Armnplitude

06

| | | |
1] 50 100 150 200 250 300
Time (seconds)

Figure (5) Satellite roll attitude dynamics with step input (without controller)

From Figure 66, it is clear the damping is 73% (overshoot) and the final time is 192 seconds (Settling time). We need to reduce it
to < 0.2 seconds). And also, the steady-state is settled exactly at 1 (zero steady-state error). Hence there is no need for integral
control.

Design a Proportional — Derivative control (PD-Control) for Roll attitude

We have to design PD controller to improve the transient response (overshoot and settling time). Theoretically, the damped

frequency of oscillation is @, = w, 1—52 , n is the natural frequency of oscillation (rad/seconds). The damping ration

desired the types of oscillation. The equations —&@, * ja)d first part indicates the real value; second part indicates the imaginary

4
value. As per the design specification the settling time less than 0.2 is calculated by &, = ﬁ =20.[13]

To determine the imaginary part value it require to find the angles from closed dominant pole, draw the line from closed dominant
pole to origin of the s-plane (or) frequency plane, & = coS " (f) =cos ! (0.826) = 34.3° as shown in Figure 6 (Here, for design

point of view, the overshoot percent is taken as 1% (equal to damping ratio of 0.826)). From Figure (6) determined the real
value from closed dominant pole [14]
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tan (34.3) 0

= w,=13.64

Imaginary axis

Desired
dominant pole

34 3 deg

K—é’ah =20

Figure (6) Location of closed dominant pole

Real axis

As per the design specification of NPSAT-1 is settling time of 0.2 seconds are —20£13.64j. The NPSAT-1 roll attitude dynamics
clearly indicates, there are two poles in the dynamics one in the origin of the s-plane another one is -0.04 shown in Figure (7)
finding the angles 0; and 0, from closed dominant pole to other poles and zeros. [15], [16] There are no zeros in the pole-zero
plot. This method used to design the PD compensated controller by using root locus analysis

Imaginary axis

dominant pole

| Real axis

|

|

|

|

‘ -0.04

< 20 ——|

Figure (7) PD compensated design (Complex pole to other pole)

The angles from closed dominant pole to other pole are

0,=180° —| tan™ [@j =145.7°
20

0, =180" - tan‘l(ﬂj = 145.65°
20-0.04

This angles are used to find the zero location For finding the PD controller zero (zc), The line connecting from complex pole to
pole at the origin and pole at -0.04. Let we assume complex pole considered as A.

The angles from complex pole A

= 180° — (summation of angles measure from complex pole to other poles) + (summation of angles measure from complex pole to
other zeros)

= 180—(6, +6,)= 180 - (145.7 + 145.65) = -111.35°

Now, find the PD compensated zero from Figure (8) from angle measured from complex pole A (-111.35%)
Imaginary axis

dominant pole

¥ Closed-loop pole 13.64

111.35 deg

Real axis

20 —

PD controller's
zero

Figure (8) Attitude controller PD zero
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Using the geometry [17] shown in Figure 8, tan (180° —111.35°) = >

To design the PD compensator zero (z,) from above geometry calculate the value —14.66. Now, the PD controller dynamics is K

13.64
0-z,

(s + 14.66). The K is the loop gain. The loop gain found from root locus at 1% maximum overshoot is 995.

Root Locus
el T T

Imaginary Axis (seconds™)

1 | | | I I i
0 50 40 Ell 20 -0 0 10

Real Axis (seconds'WJ

Figure (9) Attitude dynamics with PD controller/compensator (Root locus response)

Root Locus
T T T

System: open

Gain: 935
Poie: -19.9+ 1360
Darmping: 0.826
4= Overshoct (%) 1 —
| Frequency (radis) 24.1
ST

Imaginary Axis (seconds')

| | | | | | | | | |
24 23 2 Pl -20 -19 18 A7 -16 -15 -4

Real Axis (secands'W)

Figure (10) Zoomed response of root locus for 1% overshoot

The MATLAB Simulation for closed loop system includes the satellite roll attitude dynamics and PD compensator.

Amplitude

In Figure 11, the system settling time is 0.211 Sec and overshoot is improved 17.3 % with less than 0.1 Sec peak times. Also it

o
=)

o
m

04

0.2

Step Response

| T
System: closed
Peak amplitude: 1.17
Overshoot (%) 17.3
At time (seconds): 0.0878

System: closed
Seftling time (econds): 0.211

System closed
Final value: 1

| | |
o 0.0s 01 0.15 0z 025 03 035

Time (seconds)

Figure (11) GAIN K = 995, Response from with PD controller

improved the rise time of the system as per the design prediction of NPSAT-1.
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The SIMULINK model of roll attitude control diagram In Figure 12. This includes the dynamics of satellite and orbital
perturbation at low earth orbiting satellite. To introduces the PD controllers K (s + 14.66) K is the loop gain [18], [19] calculate
from root locus analysis 995. The output response plot measured from scope block considered the step input. The oscillation of
satellite due to the perturbation forces measured different time domain specification and variation of maximum overshoot

expressed in (%).

~
L-

Perturbation

5+14.68 ]
52+ 04s

Transfer Fen

A 4

h 4

Scope

I—o—2-¢

Figure (12) SIMULINK Attitude Roll Controller with Disturbances
The output response plot (shown in Figure 13) having fast rise time is 0.033 second it indicate the system behaves the fast
response even with perturbation/disturbances. Also improved the settling time.
VII. RESULTS

The design specification of satellite attitude control system is settling time is less than 0.2 sec. Also improve the other transient
response such as rise time and peak time and reduces the maximum overshoot. Table (1) indicates the roll attitude response with
controller and without controller NPSAT-1 refers figure 5 and figure 11. Table (1) indicates the pitch and yaw attitude response of
NPSAT-1. From the table it is clearly improved the transient response of settling time desired value < 0.2 seconds. And improved
the rise time & peak time and reduces the overshoot. The following table (3) & table (4) Satellite attitude dynamics response with
controller and without controller SRM Sat and Pratham 11T Bombay. The satellite principle moment of inertia and angular
velocity taken from the satellite is mentioned below the table 3 & 4.

Amplitude

Time
Figure (12) Output/Responses from attitude roll control
Table 1: Roll attitude response with controller and without controller NPSAT-1

Specifications Without controller With controller
Rise time 5.64 seconds 0.033 seconds
Overshoot 72.9% 17.3%

Settling time 192 seconds 0.211 seconds
Steady-state error zero zZero

Table 2: Pitch and Yaw attitude response with controller and without controller NPSAT-1

Specifications Pitch Attitude Dynamics Yaw Attitude Dynamics
Rise time 5.38 sec 0.033 sec 3.92 sec 0.0332 sec
Overshoot 71.7% 17.3% 61.7% 17.2%

Settling time 169 sec 0.211 sec 86.2 sec 0.212 sec

Table 3: Satellite attitude dynamics response with controller and without controller SRM Satellite
SRM SATELLITE: [Ix = 6.2911 lyy=5.9162 I, = 4.6085] kg-m?, Q = 0.0010239 rad/s (at 867km Altitude)
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Roll Attitude Dynamics Pitch Attitude Dynamics Yaw Attitude Dynamics
Specifications Without With Without With Without With
controller controller controller controller controller controller
Rise time 3.0218 Sec 0.0332 Sec 2.9526 Sec 0.0333 Sec 2.6813 Sec 0.0333 Sec
Overshoot 52.7614 % 17.1712 % 51.5524 % 17.1642 % 47.0268 % 17.1113 %
Settling time 49.2573 Sec 0.2111 Sec 41.6600 Sec 0.2111 Sec 35.8677 Sec 0.2112 Sec
Peak time 8.1148 Sec 1.1717 Sec 7.6299 Sec 0.0881 Sec 6.7942 Sec 0.0882 Sec

Table 4: Satellite attitude dynamics response with controller and without controller Pratham I1TB Satellite

PRATHAM 11TB SATELLITE: [Ixx = Ixx = 0.116 lw=0.109 Iz = 0.114] KG-M?, Q = 0.0010346 RAD/S (817KM)

Roll Attitude Dynamics Pitch Attitude Dynamics Yaw Attitude Dynamics
Specifications Without With Without With Without With
controller controller controller controller controller controller
Rise time 1.9424 Sec 0.0588 Sec 1.9572 Sec 0.0618 Sec 1.9466 Sec 0.0598 Sec
Settling time 3.5335 Sec 0.2449 Sec 3.5591 Sec 0.2494 3.5409 0.2466 Sec
Second Second
Peak time 5.7863 Sec 0.1354 Sec 7.5608 Sec 0.1409 Sec 6.7576 Sec 0.1365 Sec

VIII. CONCLUTION

The point accuracy of satellite attitude control used to collect the data from several on-board sensors. This paper discusses the
various oscillations in satellite dynamics with orbital perturbations. The PD compensator introduced to reduces the overshoots. The
future scope of this project to estimate the errors from attitude sensor in the system by implementing the Kalman filter. The Kalman
filter used to minimize the covariance and standard deviation. Less standard deviation indicates the less errors from the
measurements. Also to predicts the future estimate of the state. The extensive of this work to develop the state space model of
Kalman filter.
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